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(54) Titanium-polymer hybrid laminates 

(57) The invention provides a hybrid laminate and 
skin panels of hybrid laminate structure that are suitable 
for a supersonic civilian aircraft. The hybrid laminates 
include layups of layers of titanium alloy foil and com- 
posite plies, that are optimally oriented to counteract 
forces encountered in use, that are bonded to a central 
core structure, such as titanium alloy honeycomb. The 
reinforcing fibers of the composite plies are selected 
from carbon and boron, and the fibers are continuous 



and parallel oriented within each ply. However, some 
plies may be oriented at angles to other plies. Neverthe- 
less, in a preferred embodiment of the invention, a sub- 
stantial majority of or all of, the Fibers of the hybrid lam- 
inates are oriented in a common direction. The outer 
surfaces of the laminates include a layer of titanium foil 
to protect the underlying composite-containing structure 
from Ihe environment, and attack by solvents, and the 
like. 



CNJ 
< 
O 

o> 

CO 
00 

o 

Q. 
LU 



Printed by Jouve. 75001 PARIS (FR) 



1 



EP 0 783 960 A2 



2 



Description 

Field ol the Invention 

The invention relates to supersonic aircraft skin 
panels of a hybrid laminate structure. More particularly, 
the hybrid laminate includes a central reinforcing core 
layer having bonded to each of its sides a layup that in- 
cludes layers of titanium alloy foil with layers of a com- 
posite of fiber-filled organic resin between the foil layers. 

Background of the Invention 

With the continuously increasing demand for inter- 
national and long distance air travel, there is a perceived 
need tor a supersonic civilian transport aircraft. Howev- 
er, it is expected that such an aircraft would be expen- 
sive to produce so that airlines, and their customers, 
would be reluctant to use the aircraft unless the high 
cost can be offset by other factors, besides the conven- 
ience of high speed. Some of these factors include min- 
imizing the mass of the aircraft so that it would consume 
less fuel, reduce the airline's cost per passenger mile, 
and increase the aircraft's range and payload. Moreo- 
ver, the aircraft should have an extended life, thereby 
allowing the airlines to recoup their investment over a 
longer period of time. 

The need for increased fuelefficiency, long range, 
high payload and longer life of a supersonic civilian 
transport aircraft imposes exacting new demands on 
materials of construction. For example, the fuselage, 
wings, and other components of the aircraft's outer 
shell, should be light, but also have high strength-to- 
weight ratio properties, calling for low density, high 
strength materials. Moreover, the materials should have 
high modulus, fatigue resistance for long life, and high 
thermo-mechanical endurance to withstand stresses 
underthe high temperatures encountered during super- 
sonic flight. From a safety standpoint, the materials 
should be damage-resistant and damage-tolerant, and 
from a preventive maintenance standpoint, the materi- 
als should provide visible signs of damage, long before 
actual failure. 

Fabricating aircraft fuselages and exterior panels, 
such as wings and control surfaces from metals, such 
as titanium alloys, may not meet all the performance cri- 
teria for an advanced supersonic civilian aircraft. Titani- 
um alloys have relatively high density compared to the 
target density for an advanced supersonic civilian air- 
craft, and are relatively expensive. Moreover, titanium 
panel sizes are limited, due to physical property con- 
straints, so that a large aircraft would require many 
joined panels. An increased number of joints results in 
increased weight, an undesirable factor. Titanium alloys 
also have relatively low fatigue strength and relatively 
high crack-growth rates so that the life of an aircraft may 
not be extended to meet the criterion set for continuous 
service in supersonic civilian transport. Consequently, 



titanium alloys may not be the optimum material of 
choice. 

As an alternative, aircraft fuselages and exterior 
panels could be fabricated from polymeric composites. 

s Such composites include a thermosetting or thermo- 
plastic polymer ("resin") matrix within which is embed- 
ded reinforcing fibers, such as carbon fibers. However, 
performance of these polymeric composites may 
change with time upon repeated exposure to the high 

'0 temperatures encountered during supersonic flight. 
Such temperatures clearly vary depending upon the 
speed of flight, for example temperatures of up to about 
350°F (about 175°C) are expected at mach 2.4. Poly- 
meric composites are also susceptible to undetectable 

'5 mechanical damage which may compromise structural 
integrity, and which requires additional material, to com- 
pensate for unknown risks thereby increasing aircraft 
mass. Furthermore, polymeric composites are also sus- 
ceptible to damage from lightning strikes and therefore 

20 require additional conductive structure for protection. 
This also adds mass to the aircraft. 

Prior art attempts at developing hybrid laminates 
that include layers of polymeric composite and layers of 
metal have not produced composites with the requisite 

25 combination of low density and physical properties nec- 
essary for use in a fuselage or exterior skin panels of a 
supersonic civilian aircraft. A laminate must meet the 
strength, modulus, fatigue resistance, and thermo-me- 
chanical endurance properties discussed above. It 

30 should also have enhanced damage tolerance, and 
should desirably dent in a manner similar to metals 
thereby allowing detection of damage before significant 
physical property deterioration occurs. The polymeric 
composite layers in the laminate should be protected 

3s from thermal-induced oxidation, water ingress, and po- 
tential damage that could be caused by exposure to fuel 
and other solvents. Moreover, the laminate should ex- 
hibit high . strength, and resist propagation of cracks, 
even from those points where it has been drilled-through 

40 to receive fasteners. The hybrid laminate should also be 
compatible with fusing to a core structure that may form 
part of the laminate structure, such as an aircraft panel. 

Summary of the Invention 

45 

The invention provides hybrid laminates, including 
layers of titanium alloy foil alternating with layers of a 
polymeric matrix with reinforcing fibers embedded 
therein, that form the skin (e.g., fuselage, wings, vertical 
50 and horizontal stabilizers, and strakes) of a supersonic 
civilian aircraft. The laminates possess high strength-to- 
weight ratio, modulus, fatigue resistance, and have out- 
standing thermal-mechanical endurance properties. 
Moreover, crack propagation is very slow, compared to 
55 monolithic titanium alloys, so that the life span of the 
aircraft is enhanced. The laminates dent in a manner 
similar to metals allowing detection of damage before 
significant deterioration of physical properties occurs. 
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Moreover, since the outer surfaces of the hybrid lami- 
nates are of titanium alloy foil, the laminates are resist- 
ant to fuel and other solvents that may otherwise ad- 
versely affect a polymeric composite. In addition, the 
polymeric composite layers of the hybrid laminates are s 
protected from oxidation, water ingress, and the delete- 
rious effects of ultraviolet light by the outer covering of 
titanium alloy foil. 

The hybrid laminates of the invention preferably in- 
clude a central layer of a core structure covered on both io 
sides with layups that include layers of titanium alloy foil 
with at least a one-ply layer of a polymeric matrix com- 
posite interposed between each foil layer, to produce a 
symmetrical laminate. The layers of metallic foil are pref- 
erably about 0.01 to about 0.003 inches thick, and made is 
of a beta titanium that has been heat-treated to a yield 
strain ol greater than about 1%. The layers of polymeric 
composite are made up of one or more plies, each layer 
is about 0.005 to about 0.03 inches thick. 

The preferred organic polymeric composite is 20 
formed from a prepreg in the form of a tape ol continuous 
parallel reinforcing fibers coated with a resin to form a 
continuous strip. Thus, when the prepreg is laid down 
to form a composite ply, each composite ply includes a 
matrix of a resin (that is resistant to the high tempera- 25 
tures encountered during supersonic flight) reinforced 
with parallel fibers. These fibers make uplrom about 50 
to about 70 volume percent of the resin and fibers when 
the fiber is carbon, and from about 40 to about 60 vol- 
ume percent when the fiber is boron. When a mixture of so 
carbon and boron fibers is used, total fiber volume is in 
the range 75 to 80 volume percent. In accordance with 
the invention, the composite plies may be oriented to 
provide a specific fiber orientation in each layer of com- 
posite that is best suited for the particular service of the 35 
laminate. 

The resin used for making the organic polymeric 
layers is selected from those resins that are able to re- 
peatedly withstand temperatures encountered during 
supersonic flight without undue softening or weakening 40 
that results in reduction of physical properties. Similarly, 
the reinforcing fibers are selected from those fibers that 
are compatible with the resin, that provide an enhanced 
strength composite, and that are able to repeatedly with- 
stand the temperatures encountered during supersonic ts 
flight without significant loss of physical properties. 

The resin is also compatible with, and is preferably 
selected to, bond tenaciously to the titanium alloy foil. 
In order to achieve such tenacious bonding, the surface 
of the titanium foil is preferably pretreated to produce a so 
surface more able to bond chemically and mechanically 
with the resin. While it is preferred that the resin bond 
to the titanium alloy foil without the assistance of adhe- 
sives, adhesives, with or without bonding agents such 
as silanes, may be used to facilitate and enhance bond- 
ing. 

As a result of the unique hybrid laminate structure 
of the invention, crack-growth rates are dramatically 



tower than for titanium alloy structures. Indeed, crack- 
growth is only 0.2% of the rate for monolithic titanium, 
of the same alloy as the foil layers, that has undergone 
the same heat treatment. 

The hybrid laminates of the invention also demon- 
strate high open-hole tensile and compressive strengths 
that facilitate mechanical joining of Ihe laminates while 
minimizing the risk of failure from around a throughbore 
through which a fastener extends and where forces con- 
centrate. 

The invention also provides hybrid laminate struc- 
tures in the form of aircraft outer skin panels, such as 
fuselage sections, wing sections, strakes, vertical and 
horizontal stabilizers, and the like. The laminates are 
preferably symmetrical and, as explained above, in- 
clude a core structure as a central layer sandwiched be- 
tween outer layers of layups of composite plies and me- 
tallic foil. The core structure may include, for example, 
titanium alloy honeycomb. The adjacent layers of foil or 
composite are tightly bonded to the honeycomb layers 
at interfaces between these layers and the honeycomb 
material. This structure provides a low density (light 
weight), high strength, high modulus, tailorable struc- 
ture that has exceptional fatigue resistance and excel- 
lent thermal-mechanical endurance properties. The hy- 
brid laminates are resistant to zone 1 lightning strikes 
due to the outer titanium foil and are therefore able, for 
example, to protect fuel stored within a wing. The struc- 
ture is particularly suitable for forming the skin portions 
of a supersonic civilian aircraft. 

Brief Description of the Drawings 

The foregoing aspects and many of the attendant 
advantages of this invention will become more readily 
appreciated as the same becomes better understood by 
reference to the following detailed description, when 
taken in conjunction with the accompanying drawings 
illustrating embodiments of the invention, wherein: 

FIGURE 1 is a schematic cross-sectional diagram 
showing the layers of an embodiment of a layup of 
a metallic foil and composite that forms part ol a hy- 
brid laminate according to the invention; 
FIGURE 1 A is a schematic cross-sectional illustra- 
tion of an embodiment of the hybrid composite lam- 
inate structure of the invention with a honeycomb 
core structure; 

FIGURE 2 is a schematic diagram illustrating an 
embodiment of the sections of an aircraft outer shell 
fabricated from hybrid composite laminates in ac- 
cordance with the invention; 
FIGURE 3A is a schematic exploded view of em- 
bodiments of strakes and a wing box section of an 
aircraft that are fabricated from an embodiment of 
the hybrid laminates of the invention; 
FIGURE 3B schematically shows in cross section 
the foil and fiber orientation of a layup of the hybrid 
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laminate for the strake sections of FIGURE 3A; 
FIGURE 3C schematically shows in cross section 
the foil and fiber layup in the wingbox of FIGURE 
3A; 

FIGURE 4A is a schematic diagram illustrating an s 
embodiment of a hybrid laminate aircraft fuselage 
and in cross section the fiber ply and metallic foil 
layups at various locations of the fuselage of an air- 
craft, in accordance with the invention; 
FIGURE 4B is a schematic exploded cross-section- '0 
al view showing a portion of a hybrid laminate air- 
craft fuselage made in accordance with an embod- 
iment of the invention; 

FIGURE4C is a schematic exploded cross-section- 
al illustration of an alternative embodiment of a lay- 
up forming part of a hybrid laminate fuselage of an 
aircraft in accordance with the invention; 
FIGURE 4D is a schematic diagram showing the ori- 
entation of metallic foil on the outer and inner sur- 
faces of an embodiment of hybrid laminate fuselage 
structure of the invention; and 
FIGURE 5 is a schematic illustration, in cross sec- 
tion, of an embodiment of a padup of a layup of a 
hybrid laminate of the invention that is useful at 
joints. 

Detailed Description of the Preferred Embodiments 

The hybrid laminates of the invention include 
spaced-aparl layers of a metallic foil, with a layer or lay- 
ers of an organic polymeric matrix composite, that in- 
cludes a thermosetting or thermoplastic resin matrix 
with parallel-oriented reinforcing fibers embedded 
therein, interposed between the metallic foil layers. The 
invention also provides aircraft skin panels, such as fu- 
selage, wings, strakes, vertical and horizontal stabiliz- 
ers, and the like, made of a sandwiched construction 
that includes two outer layups, that each include layers 
of metallic foil and composite layers, with a layer of core 
material interposed between, and tightly bonded to, the 
outer layup layers to form a hybrid laminate structure. 
Preferably, the outermost layer of the hybrid laminates 
is of metal foil to protect the underlying organic compos- 
ite material from the environment and from exposure to 
chemical solvents. In certain embodiments, the core 
material is not used and the hybrid laminate skins are 
reinforced in another manner. 

The preferred metallic foil is about 0.01 to about 
0.003 inches thick (about 250 x 10" 6 to about 70 x 10" 6 
m). Moreover, while aluminum and aluminum alloy foils 
may be used, foils of titanium and its alloys are pre- 
ferred. I n particular, foils of a beta titanium alloy are most 
preferred, particularly when the alloy is heat-treated to 
a yield strain of greater than 1%. This allows full utiliza- 
tion of current fiber properties. Such heat treatment pro- 
vides the advantage of improving the load limit and ul- 
timate load capability of the laminate. The invention 
therefore allows the use of the metal alloy foils up to 



their elastic yield strain, thereby allowing increased op- 
erating load as compared to the use of titanium alloy 
alone. 

In order to facilitate bonding of the metallic foil to 
interfacing organic composite layers, the metallic foil 
may be subject to surface treatment processes. In par- 
ticular, it is preferred that preferred titanium alloy foil be 
subjected to a process that causes a porous adhesion- 
promoting layer to form on the surface since such a sur- 
face bonds more tenaciously to certain of the high tem- 
perature organic resins, discussed below. Useful sur- 
lace treatment processes are described, for example, 
in U.S. Patents Nos. 3,959,091; 4,473,446; and 
3,989,876, which are incorporated by reference. 

In a preferred pretreatment method, titanium foils 
are first immersed for about 5 minutes in a solution hav- 
ing a concentration of 4 lb of TURCO 5578 (supplied by 
Atochem, Inc. of Westminster, California) per gallon of 
water that is maintained at about 1 90° F. Thereafter, the 
foils are removed and rinsed with warm water, followed 
by a cold water rinse. After rinsing thoroughly, the foils 
then undergo a nitric hydrofluoric acid etch. This etching 
is carried out in a solution containing 22 vol.% nitric acid 
and 3 vol.% hydrofluoric acid, maintained at 1 20°F. After 
etching for about 4 to about 6 minutes, the foils are re- 
moved and rinsed in cold water for about 5 minutes. 
Then the foils are subjected to a chromic acid anodiza- 
tion process. In this process, the foils are anodized in 
chromic acid at about 4 ± 1 volts for about 20 minutes. 
The ch romic acid solution contains from about 6 to about 
7.5 oz. of chromic acid per gallon of water, arid a quantity 
of hydrofluoric acid sufficient to maintain a current den- 
sity of 2 amps/ft 2 at a potential difference of from about 
9 to about 10 volts. After anodization, the foils are rinsed 
in cold water, preferably within about 2 minutes after an- 
odization, for from about 1 0 to about 1 5 minutes. There- 
after, the rinsed foils are dried in an oven at a maximum 
of 1 60° F. The pretreated foils are then used to form the 
metallic foil layers of the layups of the hybrid laminates 
of the invention. 

According to the invention, optional adhesives and 
silane bonding agents may be used to facilitate and en- 
hance metal to composite bonding, and also core to 
metal, and core to composite bonding. 

Each layer of organic composite in the hybrid lam- 
inate of the invention is made up of at least one ply. Each 
layer of plies is preferably about 0.005 to about 0.03 
inches thick (125 x 10 -6 to 760 x 10" 6 m). Each ply in- 
cludes an organic polymeric resin, either thermosetting 
or thermoplastic, within which is embedded parallel re- 
inforcing fibers. While the fibers within each ply of or- 
ganic composite are parallel, these fibers may be at right 
angles, or indeed any other angle, to the fibers in anoth- 
er ply of organic composite in the hybrid laminate. As 
will be explained later, orientation of the fibers is select- 
ed based upon the expected forces to which the aircraft 
outer shell component will be subjected. 

In order to withstand the high temperatures to which 
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the outer shell ot an aircraft is exposed during super- 
sonic flight, the resin must be "resistant to high temper- 
atures". In other words, the resin should not unduly sof- 
ten, or cause delamination with resultant substantial and 
unacceptable reduction in physical and mechanical 
properties, when repeatedly exposed to the tempera- 
tures encountered during supersonic flight, for example 
temperatures of at least about 350°F (about 175'C) at 
about mach 2.4 depending on flight speed. Exemplary 
of those resins that meet these requirements are pol- 
yaryletherketone; polyetheretherketone; polyimides; 
polyarylethersulfone; oxydiphthalic, dianhydride 3,4' ox- 
ydianiline and functional derivatives of the latter, for in- 
stance, a derivative with 10% P-phenylenediamide and 
phthalic anhydride end-cap monomers; or with 4- 
(3-aminophenoxy)-4-phenylethynyl benzophenone 
end-cap monomers. The preferred polymers are poly- 
imide resins sold as PIXA by Mitsu Toatsu of Tokyo, Ja- 
pan, and phenylethynyl-containing polyimides sold as 
PETI-5 by Fiberite, Inc. of Greenville, Texas. Clearly, 
other resins meeting the condition of maintaining requi- 
site strength at temperatures encountered during super- 
sonic flight are also useful. 

In a preferred embodiment, the elongate parallel fib- 
ers used as a reinforcement in the organic polymeric 
matrix layers are selected from the carbon and boron 
fibers. In certain embodiments, as will be explained be- 
low, it is preferred to use a mixture of carbon and boron 
fibers as reinlorcement in a single ply. The preferred car- 
bon fibers are those sold as carbon of "intermediate or 
high strength" with moduli of 35-50 Msi and tensile elon- 
gation failure of 1 .5% or greater. Typically these fibers 
are produced from the PAN (polyacrylonitrile) precursor 
lamily of fibers. The preferred boron fibers are the small- 
est boron fibers (at least about 4-7 mil) with highest ten- 
sile elongation. The preferred boron/carbon fiber mix- 
ture prepregs are sold under the trade name HYBOR 
(by Textron Specialty Materials of Lowell, Massachu- 
setts). This fiber combination permits a higher fiber vol- 
ume percentage in the plies and utilizes the high com- 
pressive properties of boron with the high tensile prop- 
erties ol carbon. Each type of fiber is best suited for par- 
ticular applications, as discussed below. 

Each of the principal components of the structure 
constructed in accordance with the present invention, i. 
e., the titanium alloy foil, the polymer composite mate- 
rial, and the core structure, are generally preconstructed 
and arranged for use in conjunction with the present in- 
vention. The composite material generally comprises a 
high temperature polymeric resin containing oriented, 
continuous carbon, or other, strengthening fibers. The 
composite material is usually supplied in the form of an 
elongate ribbon or tape wound upon a spool. The ma- 
terial is then unwound from the spool and applied to the 
receiving surface. Similarly, the core, if any, is preman- 
ufactured and supplied for use in conjunction with the 
present invention. 

The hybrid laminates may be made by any of a 



number of methods. However, in the case of thermo- 
plastic composites, it is preferred that the laminates are 
prepared by successively laying down long continuous 
strips of thermoplastic resin preimpregnated fibrous 

s tapes ("prepregs"), by means of a thermoplastic appli- 
cation head, directly onto the treated outer surface of a 
foil. By laying down strips of tape side-by-side while con- 
solidating these through the application of heat and 
pressure, a continuous ply of composite with parallel- 

'0 oriented fibers is produced. Thereafter, another ply or 
plies of composite may be laid down on top of the first 
ply, depending upon the properties needed of the lami- 
nate. The ply or plies make up a layer of composite. 
Then, a layer of foil is rolled out over the consolidated 

'5 composite layer and is bonded, for example heat -fused, 
onto the composite. Thereafter, a next layer of organic 
composite is formed on top of the metallic foil by laying 
down a ply or plies, as described above. Finally, after 
laying down the predetermined number ol layers of me- 

20 tallic foil and organic polymeric matrix, an outer layer of 
metallic foil is applied. This is an important aspect of the 
invention since the outer layers of foil protect the under- 
lying organic composite of the hybrid laminates from the 
environment and attack by fluids. 

25 Alternative methods of fabrication, some discussed 
in more detail below, are also useful. For example, all 
layers of the hybrid laminate may be stacked in an auto- 
clave or press, without pref usion of layers, and may then 
be fused under applied heat and pressure into a unitary 

30 laminate. 

The hybrid laminates of the invention are better un- 
derstood with reference to FIGURE 1 , a schematic dia- 
gram showing an exemplary embodiment of the lami- 
nates. Clearly, other layered arrangements are also 

3S contemplated, and some are shown below. The layup 
HL has alternating layers of titanium alloy foil 10 with at 
least one ply of composite interposed between each 
successive foil layer. A 90° cross-ply of organic com- 
posite 14 is interposed between the first two titanium foil 

40 layers. A 0° ply 12 is interposed between the second 
and third titanium foil layers 10. Finally, another cross- 
ply is interposed between the third and fourth titanium 
foil layers. In this particular layup, two-thirds of the fibers 
are arranged in a 90° cross-ply direction, while one-third 

4S of the fibers are arranged in a zero degree direction. In 
certain preferred embodiments, discussed below, sub- 
stantially all fibers are arranged in a zero degree direc- 
tion and in other preferred embodiments, also discussed 
below, some fibers are arranged at a 90° cross-ply di- 
sc rection and at +45° or -45° directions. In accordance 
with the invention, it is preferred that the fibers of a sub- 
stantial majority of (more than about two-thirds), or all 
of, the plies of the laminate are oriented in a common 
direction. The foils 10 are butt-joined together with min- 

55 imal spacing between co-extensive foils. Moreover, the 
butt joints are offset, as illustrated schematically, so that 
laminate strength is not compromised. 

Preferably, the hybrid laminates of the invention are 
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symmetrical with a central layer that is a lightweight core 
structure 40, such as titanium alloy honeycomb materi- 
al, as shown in FIGURE 1 A. Thus, the core layer 40 is 
surrounded, or covered, on both sides by identical me- 
tallic toil-polymer composite layups HL forming outer 
coverings. 

While the description that follows sometimes illus- 
trates only the metallic foil-polymer composite layups 
HL; it should be understood that the hybrid laminate 
structures each include a central core structure layer 
covered on both sides by adhered identical metallic foil- 
polymer composite layups to form a symmetrical hybrid 
structure of the invention. 

FIGURE 2 is a simplified schematic, partially ex- 
ploded view, showing a hybrid laminate fuselage and ex- 
terior panels of a supersonic aircraft. In this exemplified 
representation, four substantially cylindrical fuselage 
sections are adapted to connect to each other end-to- 
end to form a substantially cylindrical fuselage. In other 
designs more sections may be required. These sections 
include a frontal end 20 of the fuselage that has a sub- 
stantially cylindrical shape with a tapering frontrend de- 
signed to receive a nose cone; a second cylindrical fu- 
selage section 22 with diameter the same as the diam- 
eter of the rear of fuselage front-end 20; a third fuselage 
section 24 of substantially cylindrical shape and of the 
same diameter as the second fuselage section; and a 
rear-end fuselage section 26 of slightly tapering cylin- 
drical shape with a widest diameter substantially the 
same as the diameter of the third fuselage section. The 
wings of the embodiment shown in FIGURE 2 are of the 
delta-type, including a pair of horizontally-extending, tri- 
angular-shaped strakes 28 extending outboard from ei- 
ther side of the cylindrical fuselage portions 22 and 24. 
A pair of substantially rectangular wing boxes 30. abut 
the rear ends of the strakes 28 and extend outboard 
from attachment to fuselage section 24 to the vicinity of 
the outer extremities of the strakes. An outboard wing 
32 of substantially triangular shape extends from the 
outboard end of the each of the wing boxes 30. Thus, 
the strake and wing on each side of the aircraft form a 
coplanar upper surface that exlends from the upper sur- 
face of the strake 28 to the upper surface of its adjoining 
wing box 30 and thence to the upper surface of the out- 
board wing 32. A coplanar lower surface is similarly 
formed. The trapezoidal vertical stabilizer 34 and trap- 
ezoidal horizontal stabilizers 36 are also, in accordance 
with the invention, fabricated of hybrid laminates. 

FIGURE 3A is a simplified diagram of a pair of 
strakes 28 with an adjoining wing box 30 with outboard 
wings 32. During flight the loads on these structures will 
be different, and will vary with speed and other factors. 
In accordance with the invention, an embodiment of the 
preferred metallic foil-polymer composite layup for the 
strakes is shown in simplified FIGURE 3B. Thus, in the 
embodiment shown, the metallic foil 10 is oriented with 
its longest side parallel to the rear edge 29 of the strake 
28, although orientation at 90° to the rear edge is also 



useful. Directly beneath the foil is a 90° cross-ply 1 4 with 
plies oriented at 90° to the longitudinal sides of the foil. 
Below this ply 14 is a second ply 16, with fibers oriented 
at zero degrees. Beneath ply 16 is a second cross-ply 

s 14 followed by a foil layer 10. In accordance with the 
invention, the use of a composite that includes 90° 
cross-plies and 0° composite plies is preferred for the 
strakes of a supersonic delta-winged aircraft. The de- 
scribed layups are bonded to each side of a central core 

10 layer to form a symmetrical hybrid laminate structure. 
On the other hand, the wing box is subjected to very 
different forces than the strake. Relerring to FIGURE 
3C, each of two wing box layups are bonded to a central 
core structure and are identical so that the hybrid lami- 

'5 nate formed is symmetrical. The layup shown in the em- 
bodiment of FIGURE 3C has the following layers in suc- 
cession: a first outer metallic foil layer 10; four succes- 
sive span-wise oriented plies 16; a second foil layer 10; 
a second series of four span-wise oriented plies 16; a 

2.0 third foil layer 10; a third composite layer of four span- 
wises oriented plies 16; and an outer foil layer 10. This 
outer foil layer 1 0 is bonded to one side of the core struc- 
ture, and an identical layup is bonded to the other side 
of the core structure layer to form the symmetrical hybrid 

25 laminate of the wing box. 

In an alternative embodiment of a wing box layup, 
the plies 16 are not all span-wise oriented, but the inner 
two of the four plies are oriented at an angle relative to 
the span-wise plies, for example at +45° and -45°, re- 

30 spectively. Thus, in each of the three layers of four plies, 
the first ply is span-wise, the second is oriented at +45°, 
the third is oriented at -45° and the fourth ply is span- 
wise. As a resuft, balanced composite layers are 
lormed. 

as The fuselage of a supersonic aircraft is subjected 
to different forces at different locations along its length. 
As a result, in accordance with the invention, ply orien- 
tation and ply "building ups" (or "padups") and "dropoffs" 
in the hybrid laminate structure are determined based 

40 upon the axial and circumferential loads caused by air- 
craft pressurization that the hybrid laminate will experi- 
ence at a particular location on the fuselage. This is il- 
lustrated schematically in FIGURE 4A, showing the full 
fuselage, exemplified in four sections, and six metallic 

is foil-composite ply layups HL,-HL 6 that maybe found at 
different locations on the fuselage sections, depending 
upon load. The nose section 20 and first section 22 ex- 
perience similar loads, and in accordance with the in- 
vention, have the same layup HL,. In each case, the 

so outer surface of the layup, and hence the hybrid lami- 
nate, is a metal, preferably titanium alloy, foil layer 10. 
The next layer, tenaciously bonded to the inboard sur- 
face of the metallic layer 10 is a cylindrical composite 
ply 13 with fibers extending continuously helically 

55 around the circumference of the cylindrical-shaped fu- 
selage ("a hoop ply"). Inboard of and tightly adherent to 
the hoop fiber ply, is a ply 15 with fibers oriented longi- 
tudinally along the length of the fuselage sections. This 
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longitudinal fiber ply 15 lorms the central layer of the 
symmetrical layup. Thus, inboard of the longitudinal fib- 
er ply layer is a second hoop fiber ply 13 followed by a 
second titanium foil layer 10. The second titanium foil 
layer is bonded to one side of a core structure (not s 
shown) and the same layup is repeated on the other side 
of the core to produce a symmetrical hybrid laminate. 

Mid-aft section 24 may have four distinct ply orien- 
tations. A first layup HL 2 is designed to counteract ten- 
sion normally encountered in the forward end of the 
crown ol the fuselage, a second layup HLj designed to 
counteract tensile forces in the aft section of the crown, 
a third layup HL 4 for the sides that are normally under 
shear, and a fourth layup HL 5 to counteract the com- 
pressive forces normally found in the keel of the fuse- 
lage. Of course, all four ply layups form a unitary hybrid 
laminate structure together with a central core structure 
(not shown), but the number of plies and their orientation 
vary depending upon the forces the laminate is expect- 
ed to withstand. Thus, in the forward section of the 
crown the layup HL 2 has an outer titanium foil layer 10 
that covers the entire exterior surface of the fuselage to 
protect the underlying composite structure. Tightly 
bonded to the inboard side of the foil 10 is a first hoop 
fiber ply 1 3, and inboard of this hoop ply, three longitu- 
dinal fiber plies 1 5. Inboard of the third longitudinal fiber 
ply is a second titanium alloy foil layer 1 0, that forms the 
center of symmetry of the layup. Thus, inboard of this 
foil 10 are, in order, three longitudinal fiber plies 15, a 
hoop fiber ply 13, and a final inboard titanium foil layer 
10. The final titanium layer is bonded to one side of a 
core and the layup is repeated, symmetrically, on the 
other side of the core. This arrangement of plies and 
core provides a hybrid laminate structure that counter- 
acts the tensile, shear, hoop and compression forces 
normally encountered in the front of the crown of the air- 
craft mid-aft fuselage section 24. In all sections of the 
fuselage the hoop plies counteract circumferential 
loads. 

To counteract increased tensile stresses in the aft 
segment of the crown of fuselage section 24, and also 
the forward section of fuselage section 26, an additional 
longitudinal ply is added to the layup as shown in HL 3 . 
Thus, the crown sections include, in order, an outer ti- 
tanium foil 10, followed by a single hoop ply, four suc- 
cessive longitudinal composite plies, a central titanium 
foil 10, four successive longitudinal composite plies 15, 
a hoop composite ply 13, and an inner titanium foil layer 
1 0. As before, the inner titanium foil of this layup is bond- 
ed to a central core and the layup is repeated on the 
other side of the core to produce a symmetrical hybrid 
laminate. 

An aft portion of the crown of fuselage section 26 
has a somewhat simplified layup structure HL 6 , since 
tensile forces are not as high in this segment of the air- 
craft fuselage section. As a result, fewer plies may be 
used to produce a laminate that has the desired strength 
properties, but that is lighter than HL 3 or Hl_2. Thus, the 



layup HLe aft crown segment of section 26 also has out- 
er and inner titanium foil layers 10, and sandwiched ther- 
ebetween, a composite layer that has a center including 
three longitudinal plies 15, with a hoop fiber ply inter- 
posed between each of the outermost of the longitudinal 
plies and the outer titanium foil layers 10. A core struc- 
ture is sandwiched between two such layups, by bond- 
ing the foil layer to the core, to produce a symmetrical 
hybrid laminate structure. 

Since the sides of the aircraft are subjected to 
shear, the hybrid laminate structure ol the sides of sec- 
tions 24 and 26 are tailored to counteract shear forces. 
As shown, in FIGURE 4A, the side layup structure ol 
both sections 24 and 26, include, in order, an outer tita- 
nium foil layer 10, inboard of which is tightly adherent a 
hoop composite ply 1 3, inboard of which is a second 
titanium foil layer 1 0, inboard of which is a central lon- 
gitudinal composite fiber ply 15. The layup is symmetri- 
cal, so that the pattern is repeated on the other side of 
the longitudinal fiber ply 1 5. Thus, the other plies are, in 
order from the central longitudinal fiber ply, a third tita- 
nium foil 10, followed by a hoop ply 13, and a titanium 
foil layer 10. One such layup is bonded to each side of 
a central core structure to produce a symmetrical hybrid 
laminate structure. 

The keels of both sections 24 and 26 are preferably 
composed of a layup HL 5 that includes a central titanium 
foil layer 10 surrounded on either side by four longitudi- 
nal composite plies 15, preferably plies containing par- 
allel-oriented boron fibers to counteract increased com- 
pressive stresses in the keel. The quadruple-layer of bo- 
ron plies are each covered with at least a single com- 
posite hoop fiber ply 1 3. Thereafter, as is preferred in 
accordance with the invention, the composite hoop car- 
bon fiber plies are covered with titanium foil 10. This foil 
is bonded to one side of a central core structure and the 
layup is repeated on the other side of the core to produce 
a symmetrical hybrid laminate. 

A hybrid laminate luselage section including a core 
structure, such as metallic honeycomb, for example ti- 
tanium alloy honeycomb, is shown in FIGURE 4B, de- 
picting an exploded, schematic view of a partial cross 
section of a segment of a preferred hybrid laminate fu- 
selage. It is preferred that the laminate structure be con- 
figured to optimally counteract the mechanical forces to 
which it would be subjected. In the embodiment shown, 
the fuselage section has an outer covering made up of 
longitudinally-extending titanium foils 10, each of the 
foils abutting against each other to provide a seal, there- 
by covering and protecting the underlying composite 
structure. Inboard of the titanium foil is a first hoop fiber 
composite ply 1 3, followed by a second layer of longitu- 
dinally-arranged titanium foils 10, followed by a second 
composite hoop fiber ply 1 3 and a third layer of longitu- 
dinal titanium foils 10. In the embodiment shown, the 
titanium foils are directly adhered, using a resinous ad- 
hesive and optionally a silane bonding agent, to a hon- 
eycomb core 40. A fourth longitudinal titanium foil 10 is 
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likewise adhered onto the inboard surface of the honey- 
comb structure. Inboard of the fourth titanium foil 10, is 
adhered sequentially, a fourth composite hoop ply 1 3, a 
fifth longitudinal titanium foil layer 10, a fourth composite 
hoop ply 13, and a final titanium foil layer 10. Thus, the 
laminate is symmetrical about the central honeycomb 
layer 40. Importantly, the laminate structure has at least 
four hoop plies adding strength to the fuselage, the 
same holds for the embodiment of FIGURE 4C, dis- 
cussed below. A similar hybrid laminate fuselage sec- 
tion, 68 inches by 120 inches in size, with mass per unit 
area of 1 .3 lb/ft 2 , provided a safe pressure shell that was 
able to withstand 99,000 fatigue cycles of 14 ksi 
hooploads, and 1 2 ksi axial loads at an 0.20 Hz frequen- 
cy load cycle with an "R" factor of 0.1 . 

FIGURE 4C shows yet another embodiment of an 
aircraft fuselage layup, shown in schematic exploded 
cross section, in accordance with the invention. In this 
embodiment, the tension-critical crown area 42 of the 
fuselage contains multiple longitudinally-extending car- 
bon plies, the shear critical side sections 44 contain a 
single longitudinally-extending carbon ply, and the com- 
pression-critical keel section 46 contains multiple unidi- 
rectional longitudinally-extending boron-carbon plies. 
Significantly, however, the embodiment has at least two 
carbon fiber hoop plies 1 3 that extend throughout each 
layup of the hybrid laminate, making up a total of four 
such plies. These plies add strength to the fuselage to 
counteract forces encountered in use. Considering the 
layers of the layup, successively from the outside in- 
ward, the first layer of the fuselage is an outer layer of 
titanium foil 1 0. This is followed by a first carbon com- 
posite hoop ply 1 3 that extends the entire circumference 
of the fuselage. In the crown section 42, this is followed 
by a first layer 17 of multiple longitudinally-extending 
plies of carbon fibers, a second longitudinally-extending 
titanium foil 10, and a second longitudinally-extending 
layer 17 of multiple carbon plies. On the sides 44, the 
first carbon hoop ply 13 is followed by a second longi- 
tudinally-extending titanium foil 10, a longitudinally-ex- 
tending carbon ply 15, and a third longitudinally-oriented 
titanium foil 10. In the keel 46, the first carbon hoop ply 
1 3 is followed by a first layer 1 9 of multiple longitudinally- 
extending plies containing boron-carbon fibers, a sec- 
ond longitudinally-extending titanium foil 10, another 
longitudinally-extending layer 19 of multiple boron-car- 
bon plies, a third longitudinally-extending titanium foil 
10, and a third longitudinally-extending boron-carbon 
layer 19 of multiple plies. Each ol the above-described 
layers is then followed by a second carbon hoop ply 1 3 
that extends circumferentially around the entire circum- 
ference of the fuselage. The inboard face of this second 
carbon hoop ply 1 3 is covered by another layer including 
longitudinally-extending titanium foils 10. The latter tita- 
nium foil layer is then bonded to one side of a core struc- 
ture and the above-described layup is repeated on the 
other side of the core to produce a symmetrical hybrid 
laminate structure. 



FIGURE 4D further illustrates how foils are ar- 
ranged on outer surfaces sequentially, in order to pro- 
duce the foil-covered cylindrical-shaped fuselage sec- 
lions of the invention, as shown in FIGURE 4C. In the 

s embodiment shown, the foil 10 is applied in alternating 
longitudinally-extending plies or 'gore panels' that abut 
edge-to-edge to eliminate gaps. The foil may also be 
applied circumferentially in a hoop fashion, if required. 
There are several methods for preparing the skin 

io panels described and illustrated. As a preliminary mat- 
ter, the titanium foil is usually supplied in the form of 
large rolls of foil and is then is slit into gore panels of 
predetermined length by a conventional cutting ma- 
chine. In the context of a fuselage section, a gore panel 

is is a longitudinal panel that extends from one end to the 
other of the fuselage section. Because the fuselage sec- 
tion may have a varying or changing circumference, the 
gore panel must be cut with varying width so that suc- 
cessive gore panels can be applied in an edge-to-edge 

20 relationship, preferably without overlapping. The gore 
panels are anodized by a conventional anodizing proc- 
ess, or the process described above, which forms an 
exterior coat on each of the gore panels that is more 
suitable for bonding to composite materials, such as 

25 preimpregnated carbon tape. In accordance with the 
present invention, the gore panels are reeled onto a 
spool or cassette. These cassettes are delivered to a 
storage location near the production facility and stored 
until they are to be utilized in the lamination process. A 

30 layup mandrel, having an outer circumference conform- 
ing to the inner circumference of the fuselage, may be 
used to form the hybrid laminate or it may be laid up 
manually. Our concurrently-filed application, attorney 
docket No. BOCO-1-8434, hereby fully incorporated by 

35 reference, shows more details about the mandrel. The 
hybrid composite structure is applied to the mandrel by 
the lamination procedures described below. Thereafter, 
the hybrid laminate is removed from the mandrel, 
trimmed, window openings are cut in the structure, and 

40 other fastening devices and components are added to 
form a finished structure. 

When the fuselage section is prepared on a man- 
drel, the mandrel is preferably rotatably-mounted, cylin- 
drical-shaped with its longitudinal axis oriented in a ver- 

ts tical direction. A plurality of titanium gore panels are ap- 
plied in a longitudinal direction to the exterior surface of 
the mandrel with a suitable releasable adhesive to form 
a first layer of titanium foil. Each gore panel is positioned 
on the layup mandrel with the longitudinal axis of the 

so gore panel substantially parallel to the longitudinal axis 
of the layup mandrel. In some foil layers the gore panels 
may be in the form of hoops extending around the cir- 
cumference of the mandrel, as discussed above. The 
gore panels are successively applied around the cir- 

55 cumference of the layup mandrel in an edge-to-edge re- 
lationship (butt jointed) to form a smooth, continuous ti- 
tanium foil layer covering the layup mandrel. Carbon 
prepreg tape (or another prepreg, as required) is then 
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wound about the rotating mandrel in a direction trans- 
verse to, and preferably helically oriented relative to, the 
mandrel until a first hoop ply of composite material has 
been formed over the foil layer. Clearly, other ply orien- 
tations may also be applied, as required. A second layer 
of titanium foil may then be applied to the composite lay- 
er, followed by another ply or plies of composite mate- 
rial, followed by a final Iay9r of titanium foil. In the event 
that the hybrid laminate includes a core structure, the 
core is produced in appropriately curved and sized pan- 
el-sections which are applied with adhesives to fit over 
the cylindrical-shaped laminate sections already laid 
down on the mandrel. The core is thus bonded to the 
underlying laminate structure. Thereafter, further layers 
of composite material and titanium foil are formed over 
the core, as explained above. 

For use with layup mandrels having other ge- 
ometries, the gore panels preferably have other shapes. 
For example, with a conically-shaped mandrel, the gore 
panels would preferably have a trapezoidal shape, i.e., 
one end of the gore panels would be wider than the other 
end. Thus, when the gore panels are laid upon a conical 
mandrel in edge-to-edge relationship, the wider ends 
would be proximate to the base of the cone shape. Con- 
veniently, but not necessarily, each gore panel would 
therefore cover an approximately equal area of the man- 
drel for forming a smooth titanium foil layer. Accordingly, 
slitting the foil into gore panels includes pre-calculating 
the shape of the gore panels so that each gore panel 
covers an approximately equal area of the mandrel. 
Hence, when the gore panels are placed in edge-to- 
edge relationship on the mandrel, the gore panels form 
a smooth titanium foil layer. 

As an alternative, the hybrid laminates may also be 
laid up manually or by machine. Under these conditions, 
to prepare a flat or curved laminate, such as a fuselage, 
the layers of foil and prepreg are manually stacked one 
atop the other with a central core structure, or other re- 
inforcement. Thereafter, the stacked structure, with lay- 
ers not adhering to each other, are enclosed in a vacuum 
bag and a vacuum is drawn causing atmospheric pres- 
sure to compress the layers against each other. This 
holds the layers in place so that they may be transported 
to an autoclave, press, or oven for curing of the resin. 
Upon appropriate heating of the resin, the stacked lay- 
ers and core are adhered to each other and consolidat- 
ed into the hybrid laminate of the invention. 

FIGURE 5 illustrates in schematic cross section, 
and in simplified form, a typical skin padup according to 
the invention, used at joints, to strengthen the hybrid 
laminate for receiving fasteners. Unlike prior art joint lay- 
ups, the layup in accordance with the invention does not 
effect the basic skin layup, as described above. In the 
embodiment shown, the layup, usually repeated on ei- 
ther side of a central core of the hybrid laminate, in- 
cludes outer titanium foils 10, between which are dis- 
posed three layers of composite, separated by two in- 
termediate titanium foil layers 1 0. Each of the composite 
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layers is made up of three plies. In order to strengthen 
the hybrid laminate at joints, additional titanium foils are 
interleaved between each of the composite plies. Thus, 
as shown, the structure of the layup surrounding the joint 

s is made up of alternating plies of composite and layers 
of titanium foil. This provides a high strength structure 
for receiving fasteners to transfer loads between joined 
components of the aircraft. 

When the layups are drilled through for joining to- 

'0 gather, the open-hole compressive strength of the lay- 
ups is at least about 50 ksi. In certain embodiments of 
the layups, the strength can range up to at least about 
80 ksi, and in others at least about 200 ksi. Also, the 
open-hole tensile strength is greater than about 55% of 

'5 the unnotched ultimate tensile strength of the layup. 

The layups of the hybrid laminates of the invention 
have high open-hole tensile and compressive strength, 
thereby facilitating mechanical joining together of hybrid 
laminates, while minimizing the potential for crack 

20 growth emanating from the throughbores in the lami- 
nates where forces are concentrated. When the com- 
posite volumef raction of the layup is less than 50%, then 
the open-holetensile strength of the layup is in the range 
from about 150 to about 220 ksi. However, when the 

25 composite volume fraction of the layup is in the range 
from about 50 to about 80%, then the open-hole tensile 
strength increases to within the range from about 200 
to about 350 ksi. 

The open-hole compressive strength ol the layup is 

30 dependent upon the type of reinforcing fiber used in the 
composites. Thus, for instance, layups of the invention 
with carbon fiber reinforcement have open-hole com- 
pressive strengths in the range from about 80 to about 
125 ksi. However, when boron, HYBOR, or silicon car- 

35 bide fibers are used, then the open-hole compressive 
strength of the layup increases to greater than 1 80 ksi. 

The hybrid laminates of the invention have en- 
hanced ultimate tensile strength and ultimate compres- 
sive strength. Indeed, when the layups of the invention 

to are loaded in the primary fiber orientation direction, the 
ultimate tensile strength of the layups exceeds 2 x 10 6 
psi/lb/in 3 , and the ultimate compressive strength ex- 
ceeds 1.5 x 10 6 psi/lb/in 3 . Consequently, hybrid lami- 
nate structures of the invention are eminently suitable 

is for use in the structure of a supersonic civilian transport 
aircraft. 

While the above description has focused on the use 
ol the hybrid laminates of the invention in aircraft, spe- 
cifically supersonic aircraft, it is clear that the laminates 

so are useful in a variety of other applications that require 
a lightweight, high strength-to-weight ratio material that 
may have some of the other enhanced properties dis- 
cussed above. 

While the preferred embodiments of the invention 

55 have been illustrated and described, one of ordinary skill 
in the art may appreciate that various changes can be 
made therein without departing from the spirit and scope 
of the invention and that these changes are also encom- 
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passed in the following claims. 
Claims 

1 . A hybrid laminate comprising: 

(a) a pair of layups, each comprising: 

(i) a metal foil comprising titanium; and 

(ii) a layer of polymeric composite, the layer 
comprising at least one ply comprising a 
matrix of a polymer, the polymer resistant 
to repeated exposure to temperatures of at 
least 350°F, the composite having parallel- 
orientated fibers embedded in the matrix; 
and 

(b) a central core structure layer, one ol the pair 
of layups bonded to each side of the core struc- 
ture layer to form a symmetrical hybrid lami- 
nate. 

2. The hybrid laminate of claim 1 , whe rein the polymer 
is selected from the group consisting of pol- 
yaryletherketone, polyetheretherketone, polyim- 
ides, polyarylethersulfone, and derivatives thereof. 

3. The hybrid laminate of claim 1 , wherein at least one 
ply is from about 0.005 to about 0.903 inches thick. 

4. The hybrid laminate of claim 1, wherein the layers 
of metal foil comprises a beta titanium alloy. 

5. The hybrid laminate of claim 4, wherein the layers 
of metal foil are heat-treated to a yield strain of 
greater than 1 %. 

6. The hybrid laminate of claim'l, wherein the layers 
of metal foil are each about 0.01 to about 0.003 
inches thick. 

7. The hybrid laminate of claim 1 , wherein the metal 
foil is pretreated to produce an enhanced surface 
for bonding to the resin of the organic polymeric 
composite layer. 

8. The hybrid laminate of claim 1 , wherein the fiber is 
selected from the group consisting of carbon and 
boron fibers. 

9. The hybrid laminate of claim 1 , wherein the parallel- 
oriented fibers are each substantially continuous 
fibers. 

. 10. The hybrid laminate of claim 1, wherein the open- 
hole tension is greater than about 55% of the un- 
notched ultimate strength of the composite. 



11. The hybrid laminate of claim 1, wherein the open- 
hole compression strength of the composite is at 
least about up to 50 ksi. 

s 12. The hybrid laminate of claim 1, wherein the metal 
foil comprises a titanium alloy, and wherein crack- 
growth rate, after crack initiation in the hybrid lami- 
nate, is less than about 0.2% of the crack-growth 
rate of the titanium alloy in monolithic form. 

10 

13. The hybrid laminate of claim 1, wherein a majority 
of the parallel-oriented fibers of the hybrid laminate 
are aligned in a common direction. 

15 14. An aircraft skin panel, the panel comprising: 

(a) a core structure; and 

(b) a layup bonded to an outer surface of the 
core structure, the layup comprising layers of: 

20 

(i) metal foil comprising titanium; and 

(ii) an organic polymeric composite layer, 
the composite layer comprising at least 
one ply, the at least one ply comprising a 

25 matrix of a resin resistant to repeated ex- 

posure to high temperatures encountered 
in supersonic flight, the composite having 
parallel-oriented reinforcing fibers embed- 
ded therein. 

30 

15. The aircraft skin panel of claim 1 4, wherein an outer 
layer of the layup comprises a titanium alloy foil, the 
outer layer bonded to a composite ply therebe- 
neath. 

35 

16. The aircraft skin panel of claim 14 or 15, wherein 
the composite layer comprises a hybrid laminate 
according to any of the claims 1-1 3. 

40 1 7. The aircraft skin of claim 1 4, 1 5 or 1 6, wherein the 
ultimate tensile strength exceeds about 2 x 10 6 psi/ 
lb/in 3 . 

1 8. The aircraft skin of any of the claims 14-17, wherein 
15 the ultimate compressive strength exceeds about 
1.5 x 10 6 psi/lb/in 3 . 
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